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Abstract

The unstart transient of a High Speed Civil
Transport (HSCT) mixed compression axisym-
metric inlet at Mach 2 and 2° angle of attack was
investigated numerically by using a 3D time accu-
rate Navier-Stokes solver. The Baldwin-Lomax
algebraic turbulence model and an extrapolation
uniform mass bleed boundary condition for the
slot bleed were employed. It is observed that,
when an angle of attack is imposed, the flow on
the leeward side has a stronger compression than
that at zero angle of attack. The strong com-
pression reduces the Mach number upstream of
the terminal shock and therefore makes the shock
move upstream first on the leeward side. The ini-
tial shock motion starts with the bifurcation of
the terminal shock. The lower part of the split
shock is stable due to the centerbody bleed while
the top part of the shock continues to travel up-
stream. When the terminal shock on the lee-
ward side passes the bleed region, a separation
is induced by the shock/boundary layer interac-
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tion on the shoulder of the inlet centerbody and
the entire inlet is brought to unstart. The over-
all computed flow field phenomena agree qualita-
tively with the experimental observations.

1 Nomenclature

Symbol Definition

M Free Stream Mach Number

P Free Stream Total Pressure

Tioo Free Stream Total Temperature

Az grid point interval in axial direction

Ar grid point interval in radial direction
Art (Aru,)/v

é boundary layer thickness on center body
R, radius at cowl leading edge

t. characteristic time

@ angle of attack

2 Introduction

To meet the demands of efficiency and comfort
of long distance inter-continental travel, second
generation High Speed Civil Transports (HSCT)



are being developed and show an extremely
promising market [1, 2]. Whereas the current
generation of supersonic transports (Concorde
and TU-144) employ external compression inlets,
the next generation HSCT designs use the more
efficient mixed compression type in which the ter-
minal shock is located downstream of the cowl
leading edge. Disturbances can cause the termi-
nal shock to be expelled from the inlet (“inlet
unstart”) resulting in a loss of thrust. There-
fore, prevention of inlet unstart is a critical issue
to achieve a HSCT propulsion system with high
efficiency and a wide stability margin.

The disturbance which can induce inlet unstart
can be either a variation of flight conditions (i.e.:
angle of attack, free stream Mach number, free
stream pressure, etc.) or the corrected weight
flow required by the compressor. To increase the
inlet control operability, boundary layer bleed is
usually employed in the region of the throat to
control the disturbance. To study the mechanism
of the inlet unstart in order to achieve good de-
sign of boundary layer bleed, wind tunnel tests
are necessary. However, with current powerful
computers, CFD can be used as a preliminary
tool to analyze the transient phenomena of in-
let unstart. Various numerical studies have been
carried out focusing on inlet unstart transient
due to different disturbances. Mayer and Payn-
ter [3, 4] used an Euler solver and simulated an
axisymmetric inlet unstart due to the variation
of free stream variables such as temperature, ve-
locity and pressure. Slater et al. [5, 6] simulated
the unstart/restart due to the freestream distur-
bance with moving geometry. Neaves and McRae
[7] used the dynamic solution-adaptive grid algo-
rithm of Benson and McRae and simulated the
2D and 3D inlet unstart due to the freestream
and compressor face perturbations. Goble et al.
[8] used a 3D Euler code to simulate the unsteady
flow of the I"-22 inlet with the hammershock from
the engine face. Miller and Smith conducted an
Navier-Stokes simulation of 2D high speed inlet
unstart due to the back pressure disturbance [9].
These studies made contributions from different
aspects to investigate the high speed inlet unstart
transient at zero angle of attack.

No numerical studies have been reported on
high speed axisymmetric inlet unstart transient

due to changes in the angle of attack. Zha et
al. [10] accurately predicted the unstart angle of
attack of a HSCT axisymmetric inlet with a 3D
Navier-Stokes solver. Kawamura et al.[11] also
simulated 3D axisymmetric HSCT inlet flow at
angle of attack. However, the computations in
these two studies were all for steady state flows.

Outside of the CFD work, it must be men-
tioned that Choby [12] was one of the earliest ex-
perimental investigators to study the mechanism
of inlet unstart for a mixed compression axisym-
metric inlet at angle of attack. He first observed
the overcompression on the leeward side due to
the angle of attack which caused the inlet un-
start. However, due to the limited measurement
data, the experiment did not give sufficient de-
tails of the whole flow field. In general, the cause
of the axisymmetric inlet unstart due to the angle
of attack has not been fully understood.

The purpose of the present work is to investi-
gate the unstart transient mechanism of a typi-
cal axisymmetric HSCT inlet using CFD. Under-
standing of the physical phenomena of the un-
start transient for axisymmetric HSCT inlet is
very important to guide the HSCT inlet design
and control to obtain high efficiency and wide
stability margin [13]. The tolerance of angle of
attack is a more challenging issue in the design
of an axisymmetric HSCT inlet compared to a
rectangular inlet. Resolving this issue will allow
us to explore the inherent advantages of an ax-
isymmetric HSCT inlet for its short length, light
weight and high total pressure recovery. This
work represents the first computational study of
the axisymmetric HSCT inlet unstart mechanism
due to angle of attack using a 3D time accurate
Navier-Stokes solver.

3 The Inlet

The inlet studied in this work (Fig. 1) is the
NASA Variable Diameter Centerbody (VDC) in-
let designed and tested in Lewis Research Center
[14, 15, 16]. It is a bicone, mixed-compression
inlet with design cruise Mach number 2.5. A
two-cone spike was used to provide the maximum
external compression compatible with high total
pressure recovery and relatively low cowl drag.



In order to vary the contraction ratio in flight,
the angle of the second cone could vary, and at
its lowest position it would blend into the first-
cone contours so as to provide a single-cone cen-
terbody. This structure provides 45% of the su-
personic area contraction internally at a design
Mach number of 2.5. The inlet was designed
such that the isentropic compression from the
cowl and the cowl-lip oblique shock were nearly
focused at a single location on the inlet’s cen-
terbody. A centerbody bleed slot was provided
over this compression region for boundary layer
control just ahead of the inlet geometric throat.
The inlet was tested at Mach numbers of 2.5 and
2. At Mach 2.5 and critical operation, the maxi-
mum total pressure recovery with only 0.02 cen-
terbody bleed mass-flow ratio and no cowl bleed
was 0.906. Critical operation is defined as opera-
tion with the terminal shock positioned at the in-
let’s geometry throat. The bleed mass-flow ratio
is the ratio of bleed mass flow rate to the captured
mass flow rate of the inlet. At Mach 2, the inlet
total pressure recovery was 0.938 with only 0.013
centerbody bleed mass-flow ratio at critical oper-
ation. The experimental unstart angle of attack
for the Mach 2 inlet is 1.3° at critical operation.
In this study, we examine the Mach 2 case which
had the downstream bypass door closed so that
the computation can avoid computing the bypass
flow. For the Mach 2 geometry, the initial cone
angle was 12.5° and the second cone angle was
14.5°.

4 Numerical Procedures and

Mesh

4.1 Flow Solver

The GASP code [17] was used as the CFD
solver to compute the flow field. The
Reynolds-averaged 3D compressible time depen-
dent Navier-Stokes equations were solved. The
Baldwin-Lomax algebraic turbulence model was
used to simulate turbulence. This turbulence
model works well to predict the steady state re-
sults for the inlet flows [10]. We continue to use
this model here for its efficiency and fairly good
accuracy performance. Since the Roe scheme

failed in 3D flow due to an anomalous solution
[18], the Van Leer upwind scheme was used in our
computation to evaluate the inviscid fluxes. The
other important merit of the Van Leer scheme
was that the allowable CFL was about 5 times
higher than that of the Roe scheme. This was
particularly meaningful for this time accurate
computation which is very CPU intensive. The
third order MUCSL type differencing with Min-
Mod limiter was used to evaluate the inviscid flux
and central differencing was used for the viscous
terms. The time marching method was first or-
der accurate in the temporal direction with the
hybrid AF/Relaxation algorithm[17].

4.2 Boundary Conditions

The upstream boundary condition (the front face
in Fig. 2) used fixed variables equal to those of
the freestream. The no-slip conditions were used
for the centerbody and cowl walls. First order ex-
trapolation was used for the outer boundary up-
stream of the cowl leading edge. This boundary
condition worked well to avoid the wave reflec-
tion and therefore the computation of the outer
zone of the inlet was omitted to save CPU time.
At the subsonic outflow, the constant back pres-
sure boundary condition was used and all other
variables were first order extrapolated. The bleed
boundary condition was first order extrapolation
for all the variables except for the normal veloc-
ity which was determined based on uniform bleed
mass flowrate[10]. This boundary condition, sim-
ilar to the BC type 5 suggested by Chyu et at.
[19], was proven to be a reasonable approxima-
tion to the slot bleed used in the experiment [10].

4.3 Mesh

The mesh size of 201x81x31 in streamwise, cir-
cumferential and radial direction respectively was
used for the present computation for the NASA
VDC inlet [14] as shown in Fig. 2. The narrow
band before the inlet throat with dense mesh in
the streamwise direction is the boundary layer
bleed region. Table 1 and 2 show the flow condi-
tions and mesh conditions respectively.

This mesh size was found to be necessary to



resolve the wall boundary layer and shock pro-
file to obtain the accurate quantitative results
for the steady state solutions [10]. Specifically,
an axisymmetric grid refinement study was per-
formed at zero angle of attack[10] using two dif-
ferent grids 201x81 and 401x161. The resultant
flowfields were essentially identical (e.g., the back
pressure for critical operation differed by only
0.17%). We therefore adopted the mesh size of
201x81 on the streamwise planes for the time ac-
curate computation in the present study. The
circumferential mesh size of 31 is considered as
sufficient[10]. Certainly, the time accurate com-
putation with this mesh size was CPU intensive.
The whole computation took about 90 CPU days
using a single processor of the SGI Origin2000
at ASC MSRC supercomputer center at Wright
Patterson Air Force Base.

5 Results and Discussion

The steady state solution at zero angle of attack
was computed using a variable time step and was
used as the initial solution for the unsteady time
accurate computation. The detailed procedure
to compute the steady state solution is given in
[10]. The angle of attack at the inflow plane was
changed linearly in 10 equal increments from zero
to 2° within 0.08t., where t. is the characteristic
time defined as the time taken by a fluid parti-
cle to flow from the inlet entrance to the exit in
the approximate speed along the centerline of the
inlet duct. ¢, is estimated to be about 6.25 milli-
seconds. Each increment of angle of attack took
125 time steps.

Fig. 3 is the computed wall pressure distri-
butions of the steady state solutions compared
with the experiment [14] along the centerbody at
zero angle of attack and critical operation (pres-
sure normalized by the freestream total pressure,
length normalized by the cowl radius, R.). It in-
dicates that the computed shock location and in-
tensity agree well with the experiment under the
experimental back pressure. The experimental
bleed mass rate of 1.3% was used. The computed
pressure deviation in a portion of the subsonic
diffuser is due to neglecting the four centerbody
support struts installed in the experimental inlet

from about z/R.= 4.1 to z/Rc = 5.6 to sim-
plify the problem. The centerbody struts make
the cross-sectional area of the subsonic diffuser
shrink and then expand, and therefore generate
a pressure minimum in the experiment at x/Rc
= 5.2 as shown in Fig. 3. The absence of the sup-
port struts has little influence of the shock posi-
tion under the experimental back pressure [10],
and therefore has little effect on the inlet unstart
transient studied in this paper.

Fig. 4 presents the transient Mach number
contours on the leeward and windward plane
from the initial solution at zero angle of attack
to the inlet unstart at 2° angle of attack. The
time level of Fig. 4 a, b and ¢ are at 0, 2.36¢,
and 4.04t. respectively. It is seen that the flow
and the shock wave structure are axisymmetric
at zero angle of attack (Fig. 4 a). By compar-
ing the dotted line indicating the intersection of
the oblique shock and the computational bound-
ary in Fig. 4 a and b, it can be seen that when
the 2° angle of attack is imposed, the centerbody
oblique shock is non-axisymmetric and has higher
shock angle on the leeward side and smaller shock
angle on the windward side relative to the cen-
terbody axis. This phenomenon agrees with the
conical flow field analysis [20].

From Fig. 4 b, it is seen that, with angle of
attack, the terminal shock on the leeward side
moves upstream first. The windward side shock
moves downstream slightly and is in a more sta-
ble position. When the leeward side terminal
shock crosses the bleed region, it starts to cause
separation on the shoulder of the centerbody.
The separation region then rapidly spreads cir-
cumferentially and causes the entire inlet unstart
as shown in Fig. 4 c. Fig. 4 ¢ displays the shock
system which is in the state just before it reaches
the full unstart as shown in [10]. Fig. 4 c also
indicates that the oblique shock from the leading
edge of the centerbody is little influenced by the
downstream shock motion due to the predomi-
nantly supersonic characteristics of the flow field
in that portion.

At this point before we further analyze the
computational results, we list the experimental
observations by Choby [12] in order to compare
with the computation. The experimental Mach



number and angle of attack were 2.5 and 2.7°, re-
spectively. The experimental geometry was sim-
ilar to our present one. The experimental results
are summarized as the following:

1) The leeward side pressure field was strongly
compressed, termed as overcompression by
Choby, and caused the inlet to be choked up-
stream of the geometric throat. The maximum
unstart angle was limited by the leeward side
overcompression.

2) It was not clear how much of the inlet was en-
compassed by the region of overcompression since
the pressure were measured only at two circum-
ferential locations (windward and leeward plane).
3) The windward side had no overcompression
and the pressure agreed well with the zero angle
of attack case.

4) On the leeward side upstream of the cowl
shock impingement, the boundary layer thickness
was thicker at angle of attack than the one at zero
angle of attack.

Since the flow conditions and inlet geometry of
the experiment were different from those in our
computation, we only seek qualitative compari-
son. Obviously, what we have presented agrees
with the point 1 and 3 of Choby’s experiment
even though the inlet in the present computation
is not choked.

Fig. 5 shows the leeward side terminal shock
motion with time. Fig. 5 shows that on the lee-
ward side, the initial significant move of the ter-
minal shock occurs at about 0.9f, and moves out
of the bleed region at about 1.2¢.. The fastest
acoustic wave travels from the inlet entrance to
the exit at the characteristic speed of u+a and re-
flects back from the compressor face at the char-
acteristic speed of @ — u, where u is the main flow
velocity and a is the speed of sound. It takes
about 2.1¢, for the reflection of the fastest acous-
tic wave to arrive at the bleed region. This in-
dicates that the initial terminal shock motion is
not due to the acoustic wave reflection in this case
since the shock has already moved a quite long
distance when the reflection arrives as shown in
Fig. 5. The windward side terminal shock has
stayed in the bleed region until the leeward side
terminal shock starts to generate the boundary
layer separation on the shoulder of the center-

body and seriously block the inlet at about 2.36¢,
(see Fig. 4 b). Fig. 5 also shows that it takes
about 4 characteristic time for the inlet to fully
unstart at 2° angle of attack.

To analyze the cause for the leeward side initial
terminal shock motion, it is useful to present the
results at the time level when the leeward side
terminal shock just starts to move.

Fig. 6 presents the Mach number contours and
demonstrates the detailed initial terminal shock
motion at time level of 0.79¢.,0.88¢f. and 1.01%,
in the region of the bleed. The terminal shock
has remained as a single entity from the initial
field to about 0.79¢. as shown in Fig. 6 a. The
shock then gradually bifurcates into two parts at
0.88t. (Fig. 6 b). The top part becomes a normal
shock across the channel and continues to move
upstream (Fig. 6 ¢). The lower part of the shock
remains unmoved at the beginning and the shock
intensity decreases. The lower part of the shock
eventually disappears because the forward going
normal shock becomes stronger and stronger and
reduces the flow to subsonic after it. The center-
body bleed stabilizes the lower part of the shock,
while the top part of the shock moves in the ab-
sence of cowl bleed.

The lower part of the bifurcated shock is also
likely induced by the bleed process itself. Accord-
ing to Shih et al. [21], the bleed hole induces a so
called “ barrier shock” which is very similar to the
lower part of the bifurcated shock. But the geom-
etry and its scale in Shih’s study were different.
Their bleed hole had a thick non-dimensional wall
and different diameter. In the present case, the
downstream geometry of the bleed slot is a blunt
lip wedge. In addition, the present flow field in
the bleed region is simulated by bleed boundary
condition instead of the real geometry. There-
fore, without simulating the real bleed geometry,
it is not fully clear whether the lower part of the
shock is just a part of the terminal shock or the
“ barrier shock”.

Fig. 7 shows the Mach number distributions
at 0.88¢, (the same time level as Fig. 6 b) along
the centerline between the centerbody and cowl
wall on the leeward and windward plane com-
pared with the case at zero angle of attack. This
Mach number is approximately the highest Mach



number of the duct cross section and represents
the capability of the duct section to pass mass
flow. Upstream of the terminal shock, the Mach
number at zero angle of attack is in the middle
with the higher Mach number on the windward
side and the lower Mach number on the leeward
side at 2° angle of attack. It means that the
flow on the windward side is less compressed and
the flow on the leeward side is more compressed
(overcompression [12]) compared with the case
at zero angle of attack. The geometric throat is
located at X/R. =2.7836 and is downstream of
the bleed region where the terminal shock stands.
Fig. 7 indicates that the inlet is not choked at
both 0° and 2° angle of attack since the peak cen-
terline Mach number across the throat section on
both the leeward and windward sides are clearly
lower than 1.0.

Based on the above information provided by
Fig. 7, we may come to the following explana-
tion why the leeward side terminal shock moves
upstream first.

We may use the 1D theory of unsteady mov-
ing shock in a shock tube [22] as an approxima-
tion to analyze the shock motion in the present
flow field. According to [22], the shock mo-
tion Mach number relative to the inlet geome-
try is My = M; — M,, where M; is the flow
Mach number upstream of the normal terminal
shock, M, is shock propagation Mach number
relative to the upstream flow and is expressed as

M, = \/%(1 + %g—f), where p is the pressure,
subscript 1 represents the parameter upstream of
the shock and 2 represents the parameter down-
stream of the shock. As we know, a shock be-
ing stabilized at a certain location means that
M, =0 and M; = M,. Since the terminal shock
at zero angle of attack is stable, it means that
the Mach number upstream of the terminal shock
balances the terminal shock propagation Mach
number M,. Fig. 7 shows that the pressure ra-
tios across the shock are about the same with and
without angle of attack and therefore M, is rela-
tively little changed. When the angle of attack is
imposed and the Mach number upstream of the
terminal shock is reduced, the balance is lost. It
yields My < M, , My < 0 and lets the terminal
shock on the leeward side move upstream. The
shock may be stabilized at a new location up-

stream where My = M. Such location depends
on the compression intensity of the upstream flow
on the leeward side and therefore depends on the
amount of the angle of attack imposed. If the
angle of attack is very large, the shock therefore
will continue to travel upstream until the inlet
unstarts. On the contrary, the terminal shock
on the windward side moves slightly downstream
due to the higher Mach number upstream of the
terminal shock as shown in Fig. 4 b. It is stabi-
lized there until the leeward side terminal shock
causes separation on the shoulder of the inlet cen-
terbody and induces the whole inlet unstarted.

It is expected that the higher the free stream
angle of attack, the stronger the flow is com-
pressed on the leeward side, and therefore the
faster the shock travels upstream. This is why
the computational search of the minimum un-
start angle is extremely CPU intensive since the
shock moves very slowly when it is approaching
the minimum unstart angle. It therefore needs to
run very long time to achieve the steady state so-
lution. Usually an uncertainty range needs to be
accepted to avoid the lengthy computation [10].

Fig. 8 is the wall pressure distributions on the
leeward and windward planes at time level 0.88¢..
On most part of the forward centerbody from the
leading edge to z/R. = 1.4, the circumferential
pressure gradient direction on the wall is from
leeward side to windward side. This also agrees
with the conical flow at angle of attack [20]. How-
ever, the pressure gradient on the wall reverses
the direction when it is close to the cowl lead-
ing edge (cowl leading edge is located at X/R.
= 2.0) with the flow compressed more strongly
on the leeward side. This is again the so called
overcompression observed by Choby [12] in his
experiment.

Above phenomenon can also be seen from Fig.
9 which presents the pressure contours in cir-
cumferential direction at two streamwise loca-
tions at time level 0.88t.. Fig. 9 shows that
the pressure gradient close to the centerbody wall
at X/R. = 1.22 is from leeward side to wind-
ward side and is reversed when it is close to the
cowl leading edge at z/R. = 1.87. Fig. 9 b also
answers the point 2 of Choby’s experiment that
most of the leeward part of the inlet was encom-



passed by the region of the overcompression.

Fig. 10 presents the boundary layer displace-
ment thickness development on the symmetric
leeward and windward plane at 0° and 2° angle
of attack upstream of the cowl shock impinge-
ment. The boundary layer thickness is measured
based on the total pressure criterion as used in
the experiment. The 2° case is at time level of
0.88t.. The leeward side boundary layer displace-
ment thickness on the centerbody is thicker than
the one at zero angle of attack. At angle of at-
tack, the boundary layer on the windward side
is thinner than the one on leeward side and also
the one at zero angle of attack. This agrees with
Choby’s experimental observation point 4. The
boundary layer on the leeward side may be thick-
ened first by the migration of the boundary layer
expelled by the pressure gradient from windward
to leeward side. It is then further thickened by
the stronger adverse pressure gradient due to the
overcompression on the leeward side when it is
close and inside the cowl.

There are at least three criteria which can be
used to compute the boundary layer thickness for
Fig. 10. They can be the following parameters
at center line across the local duct section: total
pressure, velocity, product of velocity and den-
sity. Based on the examination of the flow field
computed, we have the following observations:
Because the local velocity profile is not as regular
as that of the flat plate, the centerline velocity is
a very poor criterion to measure the boundary
layer thickness and was not used in this compu-
tation. The product of velocity and density is a
better criterion even though it yields unrealistic
results upstream of the bleed region. The total
pressure is the best criterion and has similar re-
sults to those using the product of velocity and
density in most of the region. The uncertainty
for Fig. 10 by using total pressure or density-
velocity product to measure the boundary layer
thickness is about 6%. Nonetheless, both criteria
give the same trend and therefore the conclusion
for Fig. 10 is the same.

6 Conclusions

The unstart transient of a High Speed Civil
Transport (HSCT) axisymmetric inlet at Mach
2 and 2° angle of attack was investigated numer-
ically by using a 3D time accurate Navier-Stokes
solver. The Baldwin-Lomax algebraic turbulence
model and an extrapolation uniform mass bleed
boundary condition for the slot bleed were em-
ployed. It is observed that, when an angle of
attack is imposed, the flow on the leeward side
near the cowl leading edge has a stronger com-
pression than that at zero angle of attack. The
strong compression reduces the flow Mach num-
ber upstream of the terminal shock and therefore
makes the shock move upstream first on the lee-
ward side. The initial shock motion starts with
the bifurcation of the terminal shock on the lee-
ward side. The lower part of the shock is sta-
ble at the beginning due to the centerbody bleed
while the top part of the shock continues to travel
upstream. The lower part of the shock eventu-
ally disappears because the forward going normal
shock becomes stronger and stronger and reduces
the flow to subsonic after it. When the terminal
shock on the leeward side crosses the bleed re-
gion, flow separation is induced on the shoulder
of the inlet centerbody by the shock/boundary
layer interaction. The separation first occurs on
the leeward side and then rapidly spreads to the
whole inlet and results in the entire inlet unstart.
The acoustic wave reflection from the compres-
sor surface is not the factor to expel the termi-
nal shock in the case studied in this paper. The
shock wave structure on the windward plane re-
mains stable until the separation on the center-
body shoulder caused by the leeward side shock
occurs. In the portion upstream of the cowl shock
impingement on the centerbody, the boundary
layer on the leeward side at angle of attack is
thicker than the one on the windward side and
also thicker than the one at zero angle of attack.

The overall computed flow field phenomena
agree qualitatively with the experimental obser-
vations. Furthermore, the present computation
provides more data than the experiment to un-
derstand the whole structure and mechanism of
the inlet unstart.
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Table 1: Flow Conditions

Parameter Value

My 2.0

angle of attack 2.0°

Proo 7.67 x 10* Pa
Tico 390°K
Reynolds No. 6.54 x 10 /m

bleed mass/captured mass 1.3%

Table 2: Grid Parameters

Parameters Quantity
grid points in streamwise 201
grid points in radial 81
grid points in circumferential 31
Az /Sthroat 0.3
Ari}_max,centerbody 2.3
Ari}_ave,centerbody 1.3
AR — 1.9
AT e coul 11

grid points within both BLp0q¢ 33
grid cells within bleed region 12
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Figure 2: Geometry and mesh of the mixed com-
ression inl i
pression inlet Figure 4: Mach number contours from zero angle
of attack to inlet unstart 2° angle of attack, a)
zero angle of attack, t=0; b) 2° angle of attack,
t= 2.36¢.; ¢) 2° angle of attack, t= 4.04¢.;
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Figure 7: Mach number distributions along the
channel centerline on the leeward and windward
plane at time level 0.88t,
p/P,
10y a=0.0°
09k Leeward, o =2.0°
e Windward, a = 2.0°
0.8F
0.7F
0.6}
05}
0.4 : cowl leading edge
i Bleed Region XIR,

Figure 8: Wall pressure distributions on the lee-
Figure 6: Mach number contours showing the ini- ward and windward plane at time level 0.88¢,
tial shock motion on the leeward plane in the re-
gion of bleed, a) time level 0.79¢., b) time level
0.88%., ¢) time level 1.01¢.

11



P/PInf

1.62744
1.54118
1.45492
1.36866
1.2824
1.19614
1.10988
1.02362
0.937363

P/PInf

1.67286
16171

1.56134
1.50559
1.44983
1.39407
1.33831
1.28256
1.2268

Figure 9: Spanwise pressure contours in the for-
ward portion of the inlet at time level 0.88¢., a)

X/Re =1.22,b) X/Re = 1.87
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Figure 10: Centerbody boundary layer displace-
ment thickness on the leeward and windward
plane at time level 0.88t,
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